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ANALYSIS OF LAUNCH WINDOWS FROM CIRCULAR ORBITS
FOR REPRESENTATIVE MARS MISSIONSl

By Larry A. Manning, Byron L. Swenson,
and Jerry M. Deerwester

NASA Headquarters
Moffett Field, California 94035

SUMMARY

Round-trip missions to Mars have been investigated to define representa-
tive launch windows and associated AV requirements. The 1982 inbound and
the 1986 outbound Venus swingby missions were selected for analysils and serve
to demonstrate the influence of the characteristics of the heliccentric tra-
Jjectories on the launch-window velocity requirement. The analysis investi-
gated the use of optimum one- and two-impulse transfers, plus, a restricted
three-impulse transfer employing an intermediate elliptic orbit to transfer
from a circular parking orbit to the departure hyperbolic asymptote. Inser-
tion at planet arrival was into an orbit coplanar with the arrival asymptote
and any required plane change was performed during the planet departure phase.
The study indicates that, with a three-impulse transfer, the AV  penalty to
provide a launch window of 20 days at Earth or 60 days at Mars is no more than
> to 10 percent above the minimum coplanar requirement. Therefore, use in
mission analyses of the coplanar AV requirements would not result in large
errors if three-impulse transfers are acceptable. However, the results also
show that the use of coplanar departure velocity requirements is not a good
approximation for these launch windows with one- or two-impulse transfers.

Once the outbound leg and planet orbit have been fixed, the nominal
return leg can be reexamined as a function of staytime to minimize the total
departure (plane change plus heliocentric) velocity requirement. For the
direct return leg, sufficient variation in the plane-change angle can be
achieved by varying the leg duration to allow the launch window to be
increased for one-impulse transfers. No significant effect occurs for the
three~-impulse transfers due to their already low AV penalties. In the case
of the swingby return leg, the swingby requirement so severely restricts the
departure vector that no significant variation in the launch window occurs.

The effect of small errors in the second harmonic of the gravitational
field of the planet and in the orbit radius are shown to require a continual
updating of the orbital parameters while in orbit at the planet. If this is
not done, the predicted orbit location can be in error by as much as 5° in
longitude after a 50 day staytime.

1The material in this report was summarized in a paper by the same
authors and entitled "Launch Window Analysis for Round Trip Mars Missions,"
Presented at the Canaveral Council of Technical Societies! Fifth Space
Congress, Cocoa Beach, Florida, March 11-1k, 1968,



INTRODUCTION

Preliminary analysis of interplanetary missions is generally performed
with the assumption that launch window penalties can be closely approximated
by the change in the coplanar departure velocity requirements throughout the
window. Most missions under consideration use a parking orbit prior to depar-
ture from either Earth or the planet. This means that a unique orbit inclina¥
tion exists during the launch period of interest. Since the departure
hyperbolic asymptote is time dependent and the orbit plane regresses as a
result of planetary oblateness, they will generally be essentially coplanar «
for only short periods. The rest of the time, an angle will exist between the
asymptote direction and the orbit plane. The velocity increment necessary to
accomplish the required turning maneuver can be of such magnitude as to render
the coplanar assumption invalid.

This report compares three different techniques for performing the
turning maneuver from circular orbit during launch windows at both Earth and
Mars. These techniques consist of (1) an approximate solution for optimum
one-impulse transfer, (2) an iterative solution for optimum two-impulse trans-
fer, and (3) a restricted three-impulse transfer employing an intermediate
elliptic orbit from which the required plane change is made. This restricted
three-impulse transfer lends itself to a rather simple computer analysis and
is not significantly more expensive in terms of AV than would be an optimum
three-impulse transfer where the required plane change is divided among the
three increments. A larger number of impulses can also be used; however, the
expected reduction in the propulsive velocity requirement below the three-
impulse transfer does not appear to warrant the added operational complexity.

To be meaningful, in terms of spacecraft synthesis, the departure
analysis has tc be mission oriented. Thus, the impulsive technidues were
applied to two specific Mars stopover missions. These two missions encompass
the four trajectory legs of interest: direct inbound and outbound and Venus
swingby inbound and outbound. Therefore, while the numbers are not directly
applicable to other Mars missions, the conclusions can be generalized to other
round-trip trajectory modes.

The report is divided into three major sections. In the first section,
the orbit transfer techniques which were used are discussed, and parametric
data are provided in support of the assumptions and approximations made in the
analysis. In the second section the criteria for the mission selection are
discussed and the characteristics of the 1982 inbound Venus swingby and of the
1986 outbound Venus swingby which were chosen as representative Mars missions
are defined. The coupling of the missions with the transfer techniques is
contained in the third section where contour maps of constant velocity incre-
ments as functions of inclination and staytime in orbit are presented and
discussed. An assessment of the sensitivity of the launch window to
trajectory reselection and errors in planet characteristics is also provided
in the third section.




METHOD OF ANALYSIS

Orbit Geometry

In considering the launch window problem for a given mission, it is first
necessary to establish the variation with time of the relative positions of
the orbit plane and the hyperbolic escape asymptote. For the analysis of
planetary launch windows, it was assumed that the circular parking orbit at
planet arrival was coplanar with the arrival asymptote. The resulting orbit
elements are shown in figure 1. A planet-centered right-hand coordinate
system with its Z axis at the north pole and its X axis at the planet
vernal equinox was chosen as indicated. The arrival asymptote or hyperbolic
excess velocity vector is defined conventionally as a planet-centered vector
with right ascension, p, and declination, &. The orbit elements of interest,
that is, the inclination, i, and longitude of the ascending node, {, are
related by

tan O

stalp - 9) =555

for all i > 3.

It can be seen that for each inclination there are two orbit planes
coplanar with the arrival asymptote. These two orbits can be distinguished
by the relative positions of the actual spacecraft approach vector at the
time of the final midecourse maneuver, and the planet-centered excess velocity
vector. If the spacecraft approaches above the excess velocity vector, it
moves toward the north pole of the planet and the magnitude of p - Q is
greater than 90°. This orientation will be referred to as a northern inser-
tion. In the other case, the spacecraft approaches below the excess velocity
vector (i.e., toward the south pole) and the magnitude of p - @ 1is less
than 90°. Figure 1 illustrates this configuration which is called a southern
insertion.

The situation at some time after arrival is illustrated by figure 2. The
first-order secular perturbation due to planet oblateness causes the orbit
Plane to regress about the planet in the manner shown. That is, for circular
orbits, the inclination of the orbit remains unchanged and the longitude of
the ascending node changes by M (see ref. 1) where

. .
AQ = -3nJJEé> (cos i)N

and
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At that time, the orbit plane makes an angle with the departure asymptote of
I,. It is this angle that must be compensated for during the departure
maneuver.

The orbit geometry at Earth was analyzed in a similar manner eXcept that
the initial orbit (corresponding to the orbit at arrvial for the planetary
case) was chosen so as to be, through regression, coplanar with the departure
asymptote at the nominal departure time; that is, zero plane change was chosen”
for nominal departure. As with the planetary orbits, two orbital planes exist
which satisfy this constraint. These planes are distinguished by the relative
location of the actual spacecraft departure and the departure excess velocity
vector at the nominal departure date. If the actual departure is above the
excess vector, then the spacecraft departure is toward the north pole and the
magnitude of p -~ & 1s greater than 90°. This departure is called a northern
injection. The other plane has the spacecraft departing below or south of the
excess velocity vector. This departure has a p - & less than 90° and is
called a southern injection.

Impulsive Analysis

The assumption was made for this analysis that the velocity increments
are achieved impulsively. The first effect of this assumption is the neglect
of gravity losses. Gravity losses, however, typically are relatively small
for these missions and can be approximated or even neglected, as done here,
without significant error.

The impulsive assumption greatly simplifies the analysis and 1s
Justifiable for the analysis of near coplanar arrivals into and departures
from circular orbits. For highly elliptical orbits it is less apparent that
for the same velocity increment the orientation between the parking orbit and
the escape hyperbola (i.e., planet departure) is preserved whether the veloc-
ity is added impulsively or through a finite thrusting time. This orientation
is preserved, however, as is shown by the example in figure 3 where the veloc-
ity increment required to escape to a hyperbolic excess speed of 6.0 km/sec
from Mars is shown as a function of the turning angle, that is, the angle
between the line of apsides and the departure asymptote. This example is for
a departure from an orbit with an eccentricity of 0.9 and 1000 km periapsis
altitude. The initial thrust-to-weight ratio for the finite thrusting maneu-
ver was optimized as a function of the true anomaly at the start of thrusting
and, for the propulsion system assumed, varied from about 0.03 near apoapsis
to 0.4 near periapsis. It is readily apparent that in the region of interest
(i.e., near-periapsis departures where the resulting turning angles are
between about 70° and 130°) there is no significant difference between the
impulsive and the finite thrusting time velocity increments.

The primary difference between the results for the impulsive thrust and
for the finite thrusting time is in the position on the parking orbit at which




the velocity is added. For finite thrusting times, the start of the thrust
occurs prior to (i.e., leads) the true anomaly for impulsive velocity addition.
That is, to obtain the same excess speed and direction as in the impulsive
case, the finite thrusting must be approximately centered about the position
of the impulsive velocity addition. Typical lead angles are shown in figure L.
Here the velocity increment to escape to an excess speed of 6.0 km/sec from
Mars is shown as a function of true anomaly around an orbit with an eccen-
‘tricity of 0.9 and a periapsis altitude of 1000 km. The true anomaly shown
for the finite thrusting is that at the start of thrusting. It can be seen
that for equal velocity increments (and hence approximately equal turning
angles), the start of finite thrustlng must lead the position for impulsive
velocity addition by approximately 5 to 15 in true anomaly for all true
anomalies except near apoapsis. Near apoapsis, the associated slow rotation
and finite thrust result in a near zero lead-angle requirement. In summary,
the assumption of impulsive velocity addition is attractive due to the
simplification it permits and appears Justified due to the small resultant
errors.

Plane-Change Modes

A comparison of three methods of transfer from a circular parking orbit
to a hyperbolic asymptote is provided in this paper. These methods are
optimal one- and two-impulse direct transfers and a restricted three-impulse
transfer that uses an intermediate elliptical orbit. The techniques are
described in this section.

The velocity increment calculations require knowledge of the minimum
angle, I, between the orbit plane and the departure asymptote. This angle
was computed from equation (l) of reference 2, which is reproduced here:

sin I = cos i[sin &, - tan B, cos & cos(pa -p

o - )]

+(sin® i - sin® Sa)l/z sec B, cos By sin(pa - Py - wt)
where
o] right ascension
i inelination of parking orbit plane
o} declination
w regression rate
t time from reference date
( )a reference vector
( )b actual departure vector



The reference vector used is the nominal departure vector for Earth launch-
window analysis and the arrival vector for Mars launch window analysis.

One-impulse transfers.- The single-impulse transfer problem is one of
solving for the minimum velocity increment (4AV) to achieve the desired depar-
ture hyperbolic asymptote from a specified orbit. The exact solution of the
minimum impulse results in an expression that does not permit a closed form
solution. However, reference 3 contains an approximate solution in terms of
the angle I, and of the magnitude of the hyperbolic velocity vector (V).
For completeness, the solution is reproduced here:

1/ 2

. 1/ 2
NI, = (XK +3 -2 {(1 - &) [2 + KA+ 2K(K /b + A)l/ﬂ}

where
K = V/V,
A = sin T,
and Vc is the circular velocity at orbital altitude

This soluticn was developed for analyzing departures from a lunar orbit;
however, it is general and therefore applicable to planetary analysis. Dimen-
sionless parametric results over the velocity range of interest are shown in
figure 5.

Two-impulse transfers.- The two-impulse transfer technique considered in
this study utilized one impulse at departure from the circular parking orbit
and the second impulse at an "infinite" distance from the planet, that is, at
the sphere of influence. The solution used was developed by Gunther in refer-
ence 3 and employs an optimal distribution of velocity change and angle change
between the two impulses. As with the single-impulse case, the solution was
developed for lunar application, but is generally applicable to planetary
operation.

The total velocity impulse is computed by the sum of the following
equations:

[V,

_ Ve 1z
{?12 + 3 -2 L(l + KW - w2 + Klw)] f}

ANé/VC = (K8 - Kl2 sin® Y)¥/2 _ K, cos ¥




where

K, = V®1/Vc = hyperbolic excess velocity ratio
after first impulse
Y = orientation of second impulse (see sketch)
W o= (K* + 2)1/2 cos B + K
B' = 90O minus flight-path angle of escape hyperbola at orbit intersection
i90 = minimum angle between parking orbit plane and X,

I

I, = Jo *+ ixn = total out-of-plane angle

K
Jo =Y - sin”?t <?i sin ?)

Since the parameters W, Y, and 1, are functions of K, for optimum
transfer, these equations are solved by iteration upon K, and give the
dimensionless parametric results shown in figure 6. The figure also indicates
with a dashed line the boundary beyond which the single impulse solution is
optimum.

Three-impulse technigue.- The three-impulse mode considered in this study
utilizes an in-plane tangential impulse to insert the spacecraft from the
circular parking orbit into an intermediate highly elliptical orbit followed
by a plane change at apoapsis to rotate the orbit plane so that it is coplanar
with the departure asymptote. The motive behind placing the spacecraft into
a highly elliptical orbit is to reduce the plane-change velocity requirement
by accomplishing the plane-change at apoapsis where the velocity is the low-
est. The third impulse is then provided tangentially at the appropriate
position on the intermediate ellipse so as to place the spacecraft on the
required escape hyperbola. The position of the first impulse on the circular
parking orbit is varied parametrically and from these results the optimum
position is determined by a numerical search. In general, the optimum posi-
tion minimizes the plane-change maneuver without an inordinate penalty for an
off-periapsis departure from the intermediate ellipse. A complete discussion
of this three-impulse technique is given in appendix A.

A brief study was made of off-apoapsis plane-change maneuvers on the
intermediate orbit with the motive of rotating the line of apsides in order
to reduce off-periapsis departure penalties. It was found that for highly
eccentric orbits very little was to be gained, and that the optimum plane-
change position was very near apoapsis. This result is primarily a reflection
of the low off-periapsis departure penalties for highly elliptic orbits.

The effect of the eccentricity of the intermediate ellipse upon the total
departure velocity requirements is shown in figures 7(a) and (b) for Earth
and Mars, respectively. These data are for a typical hyperbolic excess speed
of 6 km/sec and for an orbit altitude of 1000 km. Curves are shown for vari-
ous angles, I, between the orbit plane and the departure asymptote. It can
be seen, especially for large out-of-plane angles, that high intermediate
orbit eccentricities are very attractive.



Parametric data for the three-impulse departure requirements as a
function of hyperbolic excess speed are shown in figures 8(a) and (b) for
Earth and Mars, respectively. These data are for an orbit altitude of 1000 km
and an intermediate orbit with an eccentricity of 0.9. Again, various out-of-
plane angles, I,, are shown.

MISSION SELECTION CRITERTIA h 4

Data to aid in selecting reasonable mission profiles are contained in -
reference U which presents mission characteristics for both direct and Venus
swingby stopover missions to Mars for each Earth-Mars opposition period from
1980 to the year 2000. The results of that study indicate that with the
exception of the 1984 and 1997 oppositions the swingby mode is more attractive
than the direct mode. Propulsive velocity reguirements are consistently lower,
in some cases affording reductions of 30 percent. ZEarth entry speeds are also
consistently lower, affording reductions of up to 50 percent. These benefits
are realized for mission durations of about 500 days, which represents an
increase of about 20 percent over the durations for direct missions (based on
30-day stopovers). These mission durations were obtained by minimizing the
product of propulsive velocity requirements and mission duration. These
"nominal"™ missions from reference 4 have mission durations about 25 percent
shorter than minimum energy missions at the expense of less than a 1O-percent
increase in total propulsive velocity requirements. As will be demonstrated
later, such a mission selection procedure contributes to a low sensitivity of
the mission parameters to launch delays. For the above reasons and to encom-
pass typical inbound and outbound swingbys, the launch-window analyses were
conducted for the "nominal™ mission from reference 4 for the 1982 inbound
swingby and for the 1986 outbound swingby.

Since the intent of this paper is to assess the influence of launch
delays on mission characteristics, one approach to the selection of the round-
trip trajectories could have been the specification of a nominal stopover
time. This would have necessitated a further specification on the parking
orbit characteristics at Mars to ensure that some other criterion be met, for
example, that the nominal departure from Mars be coplanar, or that the plane-
change velocity penalty be minimized throughout some arbitrary staytime, etec.
The approach taken here is to vary both stopover time and orbit inclination
parametrically and to divorce the selection of the outbound leg from the
selection of the inbound leg.

Representative Earth departure and Mars arrival conditions must neverthe-
less be specified. For both mission years considered, the outbound leg chosen
is that for the nominal mission employing a 30-day stopover. The Mars depar-
ture date was then varied to reflect departure delays. While this may seem
restrictive, it is in fact quite reasonable. For outbound swingbys, regard-
less of mission duration or stopover time, variations of no more than about
10 days arise in either the optimum Earth departure or Mars arrival dates.

For inbound swingbys, the variation in Mars arrival date can be on the order
of 50 days. However, while the use of the optimum arrival date would reduce
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the Mars coplanar departure velocity requirements, it will not significantly
influence the plane-change requirements for the various stopover times.

The salient features of the outbound legs for the two missions are
contained in table I. It is emphasized that regardless of stopover time the
outbound leg characteristics remain fixed as shown.

In order to reduce the sensitivity of Earth departure velocity to delays
n Farth departure date, one could, of course, select the outbound leg for any
departure date such that the noncoplanar velocity penalty would be minimized.
However, this procedure would permit the Mars arrival velocity to be uncon-
strained. Consequently, the velocity savings at Earth could be more than off-
set at Mars. In reality, the proper outbound legs can only be chosen when
propellant tank volumes and acceptable mass in Earth orbit values are at hand.

This paper is not concerned with system characteristics, yet recognizing
that Mars arrival velocities should not be allowed to increase indefinitely,
the outbound trajectory legs are selected so that the sums of the Earth depar-
ture and Mars arrival velocity increments are equal to the nominal values
insofar as possible. When this constant value can no longer be maintained,
the trajectories are then selected on the basis of minimizing the velocity
sum. Note that this procedure is possible by virtue of the manner by which
the nominal missions were defined. If the nominal missions had been selected
on the basis of minimum energy, then all delays could cause the velocity
requirements to increase.

Figures 9(a) and (b) illustrate the variation of certain outbound leg
parameters for the 1982 and 1986 missions, respectively. Notice that in 1982
it is possible to maintain a constant outbound leg velocity requirement (i.e.,
sum of Earth departure and Mars arrival) for a period of 20 days at Earth
departure. Notice that throughout the 40-day window shown, the arrival date
at Mars varies by 35 days. In 1986, no variation in the sum of Earth
departure and Mars arrival velocities occurs and the Mars arrival date varies
by 15 days.

The technique of maintaining constant velocity is also applied success-
fully to the definition of the inbound legs for launch delays at Mars as
shown in figures 10(a) and (b). In this case, only the Mars departure veloc-
ity is considered. Constraints could also be imposed on Earth entry speeds,
of course, but as can be seen they remain quite low. In 1982, a constant Mars
departure velocity can be maintained for all stopover times less than about
50 days. It can be observed also that the variation in inbound leg duration
for stopover time up to 100 days at Mars is only 70 days. In 1986, a constant
velocity can be maintained for stopover times up to 80 days. Only modest
increases in inbound leg duration take place for staytimes up to about 50
days. To maintain either a constant Mars departure velocity or minimum Mars
departure velocity for staytimes in excess of about 60 days, it is necessary
for the inbound leg heliocentric transfer angle to exceed 180°. Thus, the
inbound leg duration must increase accordingly.



NUMERICAL ANALYSIS

In order to provide an assessment of the performance of one-, two-, and
three-impulse transfers for representative Mars missions, the techniques
described for transfer analysis were applied to the two selected missions.
This section presents (1) the results of analyses of the nominal Earth launch
window and nominal Mars launch window, (2) the effect of redefining the depax-
ture leg at both Earth and Mars, and (3) the sensitivity of the Mars launch-
window velocity requirements to orbit radius and planet oblateness
uncertainties.

The format selected for presentation of the nominal launch-window data
is a contour map, showing lines of constant propulsive velocity requirement
on an orbit inclination versus departure date plot. Thus, for a given orbit,
the launch window for a given propulsive capability is readily visible. These
data are obtained by cross-plotting the complete set of transfer data which is
computed for fixed inclinations as a function of departure date. The data
necessary to prepare the contour maps are included in appendix B for Earth
departures and appendix C for Mars departures.

Earth Launch Window

The launch site considered for these missions was the Kennedy Space
Center (KSC). Therefore, the orbit inclinations that can be obtained without
a plane change must be between the site's latitude (= 28° ) and the range
safety constraint (about 50 ) The Earth launch-window analysis was therefore
limited to posigrade orbits of 30°, 40°, and 50° inclination.

1982 inbound swingby.- The results for the 1982 launch are shown in
figures 11(a) and (b) for a circular orbit of 300 km altitude with an
intermediate eccentricity of 0.9 for the three-impulse transfers.

Since the variation of the Earth departure hyperbolic excess velocity for
this opportunity is from 4 to 5 km/sec (K = 0.5 — 0.65), figure 6 indicates
that the two-impulse transfer will have lower AV requirements than the one
impulse for plane-change angles (I,) over 15°. Figure 11 shows that the two
impulse does indeed lower the A& requirement at a given departure date.
However, for reasonable velocity penalties associated with the plane change
(i.e., 1L0-20 percent of the minimum coplanar departure AV), the increase in
launch-window size (~ 1 day) is not of sufficient magnitude to make the two-
impulse transfer of practical interest.

The use of three-impulse transfers is seen to increase the available
launch window significantly. For a A of L.5 km/sec, the three-impulse
windov is over 2L days for the southern injection (fig. 11(a)). For the same
AV only a 2-day window is available with a one-impulse transfer. To achieve
a 2L- -day window with the one-impulse transfer would require a AV of about
7 km/sec Thus, the launch-window flexibility provided by a three-impulse

transfer makes it worth consideration even with the complexity of performing
three maneuvers.
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The southern injection orbit rotates relative to the departure vectors
such that two coplanar departures occur during the departure period studied.
These are indicated by the minimal regions of the figure and are shown graphi-
cally in appendix B. Departures between these points require plane changes
and thus A& penalties. The three-impulse transfer significantly reduces
the plane-change AV penalty, thus opening this region to low A& departures.
A comparison of figure 11(a) for the southern injection and figure 11(b) for

the northern injection reveals the effect that the orbit direction can have
upon ‘the launch window.

For the northern injection (fig. 11(b)), the orbit rotation relative to
the departure vector variation results in only one coplanar departure in the
departure period studied. A second coplanar departure occurred at an earlier
time. As seen in figure 9, this earlier departure has a higher Earth depar-
ture A requirement. The plane-change penalty for this orbit orientation
is also higher than for the southern injection as seen in appendix B.
Therefore, the use of a three-impulse transfer for the northern injection
orbit is not as effective as for the southern injection orbit in 1982.

1986 outbound swingby.- The Earth departure data for the 1986 opportunity
are shown in figure 12(a) for the southern injection orbit, and in 12(b) for
the northern injection. The above conclusions as to the relative value of
one-, two-, and three-impulse transfers for the 1982 opportunity apply here
as well. The effect of orbit orientation is different, however. For this
opportunity, the rotation of northern injection orbit (fig. 12(b)), relative
to the departure vectors, allows two coplanar departures over the time period
studied. Again, using three-impulse transfer opens the entire departure
region between these coplanar points to low A& requirements.

Mars Launch Window

The minimum inclination that will allow coplanar arrival and departure
is defined by the magnitude of the larger of the declinations at arrival and
departure. This inclination is 28.7° and 20.8° for the 1982 and 1986 missions,
respectively. The maximum inclination is 180° minus the minimum inclination
i.e., a retrograde orbit). The inclinations were, therefore, varied from 30°
to 150° for both missions in 10° intervals.

A circular parking orbit of 1000 km altitude was assumed at Mars. The
three-impulse transfer technigque again employed an intermediate orbit with an
eccentricity of 0.9 to perform the plane-change maneuver. Circular parking
orbits allow the coplanar arrival maneuver to be performed tangentially at
periapsis of the arrival hyperbola. The insertion & is, therefore, the
same for all staytimes, inclinations, and insertion directions. These AV
are 2.7 and 4.3 km/sec for the 1982 and 1986 Mars arrivals, respectively.

Only contour maps for one- and three-impulse transfers based upon the
detailed data of appendix C are shown. The ratio of Mars departure hyperbolic
excess velocity to circular velocity at orbit altitude varies from 2 to L.
From figure 6, plane-change angles of 60° or greater must occur before the
two-impulse transfer reduces the AV penalty below that of the one-impulse

11



transfer. Since such plane-change angles rarely occurred for the 1982 mission,
the two-impulse data are not shown for Mars departure. The velocity ratio Tor
the 1986 mission is about 1.2 which requires a plane-change angle of over 45°
for the two impulse to be better than the one impulse. Plane changes of that
magnitude occurred for inclinations of 60° to 120°; however, the reduction in
A&V achieved through use of the two-impulse transfer was small compared to the
total A/ requirement and is not shown.

1982 inbound swingby.- Figures 13(a) through (d) present the contour maps™
of the AV requirements for the 1982 mission. The figures show the data for
the southern insertion with one and with three impulses and the northern
insertion with one and with three impulses. .

Figure l3(a) shows that for a one-impulse escape from a southern
insertion orbit, three distinct regions exist for a low AV capability.
These are a nearly polar orbit for staytimes up to 50 days and both low incli-
nation posigrade and high inclination retrograde orbits at 50 days staytime,
plus or minus 10 days. In order to provide continuous departure capability
up to about 80 days for all available inclinations, a A& of 9 km/sec is
required. The low AV region near 90° inclination occurs since the arrival
and departure right ascensions are nearly the same for about 60 days
staytime.

Three-impulse transfers from a southern insertion orbit (fig. 13(b))
permit use of low inclinations for short staytimes (5 days) with a low AV
(5 km/sec) capability. When the AV capability is increased to 6 km/sec, all
inclinations obtainable can be achieved for staytimes up to 70 days. This is
a significant improvement over the one-impulse transfer. A similar increase
in staytimes available does not occur by increasing the AV from 6 to 7
km/sec since the coplanar velocity requirement rises rapidly after 60 days
staytime (fig. 10(a)).

For this 1982 mission, using a northern insertion at arrival increases
the launch window for a low to rioderate &N capability. This is shown in
figures 13(c) and (d). The northern insertion direction effectively shifts
the A curves forward 20 days as can be seen from a comparison of figures
13(a) and (c). This orbital configuration allows a AV of 6 km/sec with a
one-impulse transfer to provide staytimes for all inclinations of up to 40
days and for some inclinations of up to 70 days. The three-impulse transfer
provides basically the same launch-window capability for either orbit
insertion since the plane-change penalty is minimal.

1986 outbound swingby.- The data for the 1986 Mars launch windows are
presented in figures 14(a) through (d). Between 60 and 70 days staytime a
discontinuity occurs in the return leg characteristics. This results from
the trajectory selection since the central angle of the transfer conic crosses
the 180° ridge. Solutions can, of course, be found in this region if a finer
grid of staytimes is used than was done here, or by constraining the central
angle.

Pigure lh(a) shows the data for a southern insertion with a single-
impulse departure. The data does not display the symmetry about 90°
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inclination shown by the 1982 mission since the arrival and depdarture right
ascensions are at least 45° apart for the first 60 days of staytime. After
60 days, the symmetry is stronger. For low total AV capability (lO to 20
percent above minimum coplanar AV requirement) only small strips of the
inclination-staytime map are available. A AV of 4 km/sec opens the low
inclination region for staybtimes to about 80 days. However, to achieve polar
orbits for this mission would require a A& of about 5 km/sec if only a
one-impulse transfer were to be used.

Comparison of these data to figure 14(b) for the southern insertion with
a three-impulse transfer reveals the effect of reducing the plane-change
penalty. With a three-impulse transfer, a A of about 3.1 km/sec will allow
use of all available inclinations for the staytimes shown.

The effect of using a northern insertion at arrival for the 1986 mission
is shown in figures 14(c) and (d). For this opportunity, the shift in data,
mentioned for 1982, is only about 10 days and does not significantly change
the region available for a given AV level. A AV of 5 km/sec is required
for either insertion to provide a reasonably large inclination-staytime
spectrum for single-impulse transfers. The effect of the different insertion
upon the three-impulse data is negligible with a AV of about 3.1 km/sec
required to open the entire region of inclinations and staytimes studied.

Mission Profile Reselection

The preceding discussion has presented data that allow the definition
of Earth and Mars launch windows. That analysis was based upon the assumed
nominal trajectory legs as defined by the mission selection criteria. Using
different criteria in the selection of the mission profile could possibly
result in more nearly coplanar departures and, therefore, larger launch win-
dows without increasing the velocity penalty for the one-impulse transfers.
This possibility was investigated for both the direct return leg and the Venus

swingby outbound leg of the 1986 mission. The results are described in this
section.

Two constraints were placed upon the reselected mission profile. First,
the outbound leg and the return leg were reselected separately. No inter-
action effects of the reselection were considered even though, if a specific
staytime were desired, the reselected outbound leg could influence the selec-
tion of the return leg. Second, the total AV was not allowed to be less
than the minimum coplanar AV for the nominal missions. This was done so
that a failr comparison could be made to the nominal missions since many of the
nominals would have a lower total A if a different criterion had been
employed in the original selection.

Reselection of direct inbound leg.- An orbit inclination of 60° was used
for the analysis since it has relatively high AV penalties and is in the
region of interest from a planetary operations standpoint. The total depar-
ture velocity increment versus staytime, resulting from the reselection of
the direct return leg of the 1986 mission, is shown in figure 15 as dashed
lines for both northern and southern orbital insertions. The velocity
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requirements for the nominal return legs are reproduced from appendix C as
s0lid lines in the figure to allow a direct comparison of the one-impulse

transfers. The characteristics of the reselected return leg vary signifi-
cantly with staytime as influenced by the orientation of the orbit at any

given date. The Earth entry velocity varies between 12 and 14 km/sec and

return leg durations vary between 135 and 280 days. This latter value is

only 40 days greater than the maximum duration for the nominal missions.

It can be seen that reselecting the direct return leg does indeed redule
the plane-change penalty for the staytimes considered. In fact, if the
maximum A is 3.1 km/sec as for the three-impulse transfer previously
discussed, a launch window of 33 days will exist for the one-impulse transfer.
A AV capability of only 3.3 km/sec would allow a 60-day window, the equal
of the three-impulse transfer, without the need for restarting the departure
engine or the weight penalty for use of several engines.

From the results of this analysis it is concluded that sufficient
flexibility of direct leg duration exists to allow relatively low single-
impulse penalties for launch windows of 30 to 60 days. Thus, the selection
of the orbit inclination can be considered primarily from the operation
standpoint for both one- and three-impulse transfers without extreme penalties
for reasonable launch windows.

Reselection of Venus swingby leg.- A Venus swingby trajectory, used for
the outbound leg of the 1986 mission, has the characteristic that for a fixed
Earth departure date only a small range of Venus swingby dates allows success-
ful Mars intercepts. Consequently, the right ascension and the declination
of the Barth departure vector are essentially constant. It is therefore
concluded that no significant changes in the one-impulse velocity requirements
are to be found by reselecting the swingby leg of the mission. Since geomet-
ric considerations are similar, this conclusion should be applicable to the
swingby leg of any other mission.

Sensitivity of Velocity Requirements

The previous sections have discussed the effect of orbit inclination,
staytime, and trajectory selection upon the velocity requirements for planet
departures. This section considers the effect of uncertainties in the orbital
radius and planet J, term on circular orbits. The principal effect in both
cases is to change the regression raste of the orbit. The regression rate in
turn influences the frequency with which the departure vector lies in the
orbit plane, and thus the AV requirement at a given time.

The AV data for orbital altitudes of 300 and 1000 km are shown in
figure 16 for the nominal 1986 return leg with an orbit inclination of 60° for
the single-impulse transfer. The 1000 km altitude used for the main portion
of the study has one coplanar departure opportunity during the first 60 days
of staytime. The 300 km altitude creates a higher regression rate and pro-
vides two coplanar departure opportunities during the same interval, while
retaining about the same maximum 4V requirement. This reduces the duration
of any given window if less than the maximum velocity requirement is available
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A similar effect will occur for even small errors in the orbit radius.
A 25-km error in the radius of the orbit (0.07 percent) results in an error
of 2 percent in the orbital period for a fixed altitude. With this error, a
staytime of only 50 days would result in the location of the ascending node
being in error by about 5° (i.e., 1 day), thus affecting the predicted date of
coplanar departure and the magnitude of the plane change for noncoplanar depar-
tures. This effect is, of course, much more significant for the one-impulse
transfer, where a change in I, of 5° represents as much as 0.3 km/sec A
penalty, than for the three-impulse transfer where the A& penalty is an
order of magnitude less.

The change in the predicted longitude of the ascending node due to an
uncertainty in Js can be determined by taking a derivative of the equation
for M on page 3. A S-percent error in Jz for the orbit altitude studied
would result in an error in { defined by

80 = 0.32t cos i (deg)

For a 50 day staytime and an inclination of 60°, the error in the predicted
location of the ascending node would be 8°.

It should be pointed out that these are long-term prediction errors.
Operationally, continual updating of the orbital data will allow reasonably
accurate prediction of the orbit parameters at the time of departure.

CONCLUSIONS

The data presented in this report show that, in general, the use of
coplanar velocity requirements does not accommodate reasonably launch-window
penalties for either one~ or two-impulse transfers. Providing a departure
AV capability for one-impulse transfers on any day during a launch window of
20 days at Earth or 60 days at Mars can result in penalties that are 50 per-
cent of the nominal coplanar departure A requirement. Two-impulse trans-
fers, while reducing the peak velocity penalty, do not significantly increase
the launch windows associated with one-impulse transfers for reasonable AN
penalties. However, use of three-impulse transfers from circular orbits per-
mits the same launch windows, 20 days at Earth and 60 days at Mars, for AV
penalties on the order of 10 percent of the coplanar departure &V
requirement.

The orbit precession as determined by the direction of injection (Earth)
or insertion (Mars) can significantly affect the launch-window duration. One
direction results in a precession which follows the departure vector and thus

reduces the plane-change penalty. This effect was more pronounced at Earth
than at Mars.

The analysis has revealed that if the parking orbit inclination and
direction are fixed, the proper selection of the departure leg, for direct
transfers between the planets, can produce launch windows with acceptable AV
penalties for one-impulse transfers. Since the orbit is fixed, its motion as
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a function of staytime is known and the departure trajectory which minimizes
the total departure A&V (i.e., the AV that includes both plane change and
velocity increase) can be found. This conclusion is generally not applicable
to Venus swingby legs since the swingby requirement severely restricts the
departure vector variations.

Small errors (<5 percent) in the knowledge of the orbital radius and of
the Jo term can cause errors of 5° in the predicted location of the orbital
ascending node for staytimes of 50 days. While this error does not signifi-
cantly change the magnitude of the maximum AV requirement, the A& require-
ment for a particular staytime can change by as much as 0.3 km/sec for a one-
impulse transfer. These errors can be reduced through updating of the orbital’
parameters during the stopover.

National Aeronautics and Space Administration
Moffett Field, Calif., 94035, Sept. 18, 1967
130-06-04-01-15
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APPENDIX A
THREE~IMPULSE ANALYSIS

Figure 17 indicates the geometry and notation used in the analysis of the
. Yestricted three-impulse escape maneuver. At the time of departure, the circu-
lar parking orbit plane is specified by the longitude of the ascending node
(measured from the planet's vernal equinox), Q, and the inclination, i. The
departure asymptote is specified by two angles; the right ascension, p, and
declination, 8. The first impulse to insert the spacecraft into the inter-
mediate ellipse is applied at an angle w measured in the orbital plane from
the ascending node. S8ince the impulse is applied tangentially, this position
becomes the periapsis of the intermediate ellipse and is designated by the
unit vector #,. The orbit plane is then rotated with the second impulse at
apoapsis of the intermediate ellipse (i.e., at -7 ) so as to be coplanar with
the departure asymptote, V. P
The third or escape impulse is applied tangentially at an appropriate
point on the intermediate ellipse (see fig. 18) such that the correct escape
asymptote direction and speed are achieved. Using a tangential impulse to
escape from the intermediate ellipse greatly simplifies the calculation of
the escape maneuver and sacrifices very little in AV accuracy over the opti-
mal single-impulse escape where flight-path angle is changed. This is illus-
trated in figures 19 and 20 which show the velocity increment required to
escape from Mars to a velocity at infinity of 6 km/sec coplanar from orbits
with eccentricities equal to 0.6 and 0.9, respectively. The velocity incre-
ments are shown as a function of turning angle, P, and results are shown for
both optimum single-impulse and tangential single-impulse escape maneuvers.
It can be seen for near-periapsis departures (i.e., P near 100° in this case)
that the tangential single impulse approximates the optimum single impulse to
within 0.1 km/sec for 90° either side of periapsis, thus justifying this
considerable simplification.

The departure point on the ellipse in figure 18 is designated by the
true anomaly, 0e, and also by the true anomaly on the escape hyperbola, 6y.
The key independent parameter is the angle between the periapsis unit vector,
? , and the departure asymptote unit vector V_, and is designated as P. It
ig convenient to invert the escape problem and the roles of dependent and
independent parameters by specifying 0. and then determining the resulting
angle P.

Applying the conditions of tangency between the escape hyperbols and the
intermediate ellipse at the point where AV; is applied and then solving for
the unknown eccentricity of the hyperbola yields:

o = [ - (2) (B) [
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where

rp(l + eg)
T o=
1+ €e COS Oe
S T
a = -
Vo2
and
e~ sin O
tan y = < <

+ si
1 R in ee

The true anomaly on- the escape hyperbola is then given by

1 -¢2
. _ h tan y
sin 6, = o /5
Ose—i—-i}l_f
¢ h "~ ey r/a

In figure 18, the asymptote half-angle, €, is determined by

-1 1
€ = cos T —

®h
and the angle P 1is finally determined by
P=x -e+ 6, -6y

The third velocity increment, AV_, 1s given directly by
3

i/2 1/ 2
A 2 2 l—ee\
sre = (o 5ot e (-5

The unit vector normal to the original orbit plane, #i, in figure 17, is
given by

~ ~ A
fi=9sin Qsinii-cosQsini j+cos ik

The unit vector, fp, is then simply determined by

2 ox P o= si n

n p=sinown
and

e I, =cos w

£+ £y = cos
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where fn i1s the unit vector at the ascending node and is given by

£ = cos @ i+sinQ 3
The unit vector in the direction of the departure asymptote is given by
. ﬁm = cos & cos p i + cos 5 sin p 3 + sin ® k

and the angle P 1is then determined from

. cos P = ?P . ?m

The unit vector normal to the departure orbit plane (see fig. 18) is then
given by

_ Ty % Voo
e sin P

and thus the plane-change angle required at apoapsis to rotate the original
orbit plane coplanar with V_, is given simply by

cos A = ﬁe < A

The required velocity increment is

N { [(1 _63-(1 -ee)]}l/z sin 2

The first velocity increment is, of course, determined by

- <%>”2 [(1+e)Y® 1)

and total escape velocity requirement is thus given by

AV = AV, + AV, + AV,
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APPENDIX B
EARTH DEPARTURE REQUIREMENTS

The data presented within this appendix show the total AV required for
Earth departure versus departure date for each inclination considered. Fig-
ures 21l(a-c) present the data for the 1982 inbound swingby at inclinations
of 30°, 40°, and 50°, respectively. Figures 22(a-c) present similar data
for the 1986 outbound swingby. The velocity requirements for one, two, and
three impulses are shown in each figure for both southern and northern injec- *
tions into the outbound interplanetary leg. Also shown is the coplanar
departure A& for each departure data.

For the departure analysis, the orbital plane was assumed coplanar with
the nominal departure vector. This was defined for the departure dates of
24L 4990 and 244 6160 for the 1982 and 1986 opportunities, respectively. Thus,
all inclinations have no plane-change requirement for the nominal departure.
Because of the orbit regression, each combination of inclination and orbit
orientation (injection direction) will have other coplanar dates, with a
finite plane-change requirement for all noncoplanar dates.

Cross plots of these data at fixed values of AV resulted in figures 11
and 12. The reduction of the maximum AV requirement achieved when a two-
impulse transfer was used instead of a one-impulse transfer is evident for
each inclination. It can also be seen that the small difference between the
one- and two-impulse transfers at low AV (i.e., 10 to 20 percent above mini-
mum coplanar) is due to the steep slope of the curves near the coplanar dates.
The success of the three-impulse transfer in reducing the plane-change penalty
is evident in all figures.
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APPENDIX C
MARS DEPARTURE REQUIREMENTS

The data in this appendix present the total AV requirement as a

- function of staytime for departures from a circular orbit at Mars. Inclina-
tions from 30° to 150° in 10° increments are shown for the 1982 mission in
figures 23(a-m) and for the 1986 mission in figures 24(a-m), respectively.

Data are included for one-impulse and three-impulse transfers with both north
and south orbital insertions. The coplanar departure A& of figure 10 is
repeated in figures 24 but not in figures 23 to avoid confusion with the three-
impulse data. As mentioned in the text, the discontinuity around 65 days stay-
time for the 1986 mission results from the central angle of the interplanetary
transfer leg crossing the 180° ridge.

The orbit is initially positioned by a coplanar arrival for the nominal
-mission. Staytime was then varied from zero to 100 days staytime in 10-day

increments. The nominal arrival dates at Mars are 244 5210 and 24k 6500 for
the 1982 and 1986 missions, respectively.

Cross plots of these data resulted in figures 13 and 1k.
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APPENDIX D
NOTATTON

semimajor axis, km

eccentricity

altitude, km

minimum angle between departure vector and orbit plane, deg
inclination, deg

second harmonic of planetary oblateness

ratio of excess velocity to cireular velocity
normal vector

turning angle, deg

planet radius, km

orbit radius, km

time, sec

hyperbolic excess velocity, km/sec

velocity relative to planet, km/sec

propulsive velocity increment, km/sec

components of the planet-centered coordinate system
flight-path angle, deg

plane-change angle at apoapsis for three-impulse transfer, deg
declination, deg

asymptote half-~angle, deg

true anomaly, deg

gravitational parameter, km3/sec®

right ascension, deg




&

Q;Q)O’

1,2,3

unperturbed orbital perind, sec
orientation of second impulse in two-impulse transfer
central angle of interplanetary leg, deg

longitude of ascending node, deg

orbital regression rate, deg/sec; also, for appendix A, as defined

in figure 17, deg

unit vector

Subscripts
reference data
departure dats
circular
ellipse
hyperbola
intermediate ellipse for three-impulse transfer
node
periapsis
Venus, Earth, and Mars

first, second, and third impulse
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Figure 11.- Earth departure AV
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